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_ SUMMARY 

f * 

Tha results of an experimental investigation of the downwash and 
wake characteristics behind two highly swept wings in a supersonic stream 
are presented. The leading— edge sweep angles of the two wings were 63 
and 63°45 1 , the aspect ratios were 3.5O and 1.66, and the corresponding 
taper ratios were 0.25 and 1.00. The Mach number of the tests was 1.53 
and the Reynolds numbers based on the mean aerodynamic chords were 1.4- 
million for the tapered wing and 2.6 million for the untapered wing. 
Measurements were made of the variation of downwash angle with angle of 
attack at several positions within the induced flow field. Additional 
surveys were made to determine the position and extent of the friction 
wake. The experimental downwash results were compared with the charac- 
teristics calculated by means of the linear theory. 

Agreement between the experimental and theoretical values of the 
rate of change of downwash angle with angle of attack at zero lift was 
good only at isolated points. In general, the experimental values for 
the tapered wing were much less than the theoretical. At most of the 
survey points the rate of change of downwash angle with angle of attack 
for the tapered wing did not exceed, at any angle of attack, the cor- 
responding theoretical values of the rate of change of downwash at zero 
lift. The differences between the experimental results for the untapered 
wing and the theoretical calculations are believed to result from dif- 
ferences between the actual load distribution and that calculated by 
theory. 

The general characteristics of the friction wake were similar to 
those observed in subsonic flow. With increasing distance downstream 
from the trailing edge the wake expanded and, with the wing at positive 
angles of attack, moved downward relative to the free— stream direction. 

In general, the maximum pitot— pressure loss at the wake center line 
decreased with increasing distance behind the trailing edge. 

INTRODUCTION 

A complete theoretical determination of the longitudinal stability 
characteristics of supersonic aircraft requires a knowledge of the 
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distribution of downwash and of the characteristics of the friction wake. 
Theoretical methods for predicting the variation of the downwash angle 
with angle of attack at zero lift for bodies of revolution and for lifting 
surfaces of a wide variety of plan forms are available (references 1, 2, 
and 3). However, for the case of finite lift no theoretical methods for 
predicting the effects on the downwash distribution of either the rolling 
up of the vortex sheet or of the presence of the friction wake are now 
available . 

In order to determine the reliability and limits of applicability of 
the theoretical methods for predicting downwash distribution and to gain 
some insight Into the effects of the friction wake and of the rolling up 
of the vortex sheet, an experimental investigation of the downwaBh and 
wake characteristics for several wing plan forms was undertaken. The 
first two reports of the investigation (references 4 and 5) dealt with the 
results for a rectangular and a triangular plan-form wing; the present 
report is concerned with the downwash and wake characteristics of two 
highly swept wings. 


SYMBOLS 


a slope of any ray through the origin .divided by slope of the 

■ Mach lines 

c local chord. Inches 

c D root chord. Inches 

c-fc tip chord, inches 

lift coefficient 
Cjj normal-force coefficient 

H free-stream total pressure, pounds per square inch 

AS* difference between the pitot pressure at a point in the wake and 
the pitot pressure in the free stream where the pitot pressure 
is the pressure measured by a pitot tube in either subsonic 
flow, where this pressure is the local total pressure, or in 
supersonic flow where this pressure is equal to the local total 
pressure for the flow behind a normal shock wave, pounds per 
square, inch 

m slope of leading edge divided by slope of the Mach lines 

(p cot A L.E.^ 
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E(k*) 
F( cp,k) 


K(k) 

a 
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slope of the trailing edge divided by slope of the Mach 


lines cot Arp .E.) 


free-stream Mach number 

pressure at a point on the lover surface of the wing, pounds 
per square inch 

pressure acting at a point on the upper surface of the wing, 
pounds per square inch 

free— stream dynamic pressure, pounds per square inch 
Beynolds number 
semispan, inches 

perturbation velocities in the. x direction 
value of u^ at any value of a 

value of at a=0 for wing with subsonic leading edge 

basic perturbation velocity as given by solution for the 
triangular wing with subsonic leading edge 

" qYm 2 ' 

_ PE(k’ ) a/ in 2 — a 2 _ 

free— stream velocity, feet per second 
perturbation velocities in the z direction 

longitudinal, lateral, and normal coordinates, respectively, 
with the origin at the leading-edge apex of the wing and 
the x axis corresponding to the free— stream direction 

complete elliptic integral of the second kind with modulus k* 

incomplete elliptic integral of the first kind with modulus 
k and sin amplitude cp 

complete elliptic integral of the first kind with modulus k 
angle of attack, degrees 

angle of twist relative to root chord, degrees 
«/ U s -1 
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downwash angle measured from the free— stream direction, degrees 

difference between the downwash angle at angle of attack and 
the downwash angle at a = 0, degrees 

rate of change of downwash angle with angle of attack at zero 
lift 

y+iz 

X+V2C 2 — 0 2 y 2 — 0 2 z 2 , complex argument for the solution of the 
supersonic flow equations 

sweepback angle of leading edge 

sweepback angle of trailing edge 

real part of a complex variable 

APPARATUS AND TESTS 

The tests were performed in the Ames 1— by 3-foot supersonic wind 
tunnel No. 1. During this investigation the wind tunnel, which iB a 
variable-pressure closed-return wind tunnel, was equipped with a fixed 
nozzle which gave a test section Mach number of 1.53. 

Detailed drawings giving the pertinent dimensions of the two semi span 
models and of the support system used in this investigation are shown in 
figures 1 and 2. Model A had a leading-edge sweep angle of 63°, an aspect 
ratio of 3,5, and a taper ratio of O.25, The airfoil sections parallel 
to the free— stream direction had an NACA 64A005 thickness distribution and 
the wing was cambered and twisted to give, theoretically, a uniform load 
distribution at the design lift coefficient of O.25 at M=1.5. (See 
references 6 and 7.) Model B, which was not twisted, had a leading-edge 
sweep angle of 63°45*, an aspect ratio of 1.66, and a taper ratio of 1.0. 

The airfoil sections normal to the leading edge were symmetrical, biconvex, 
circular-arc sections, 15.9 percent thick. This large thickness ratio 
resulted from the use of 7-percent— thick sections in the streamwise 
direction. Hiis choice was based on model strength considerations since 
the same model was used in pressure-distribution tests (reference 8). 

The orientation of the models, of the boundary— layer plate, and of 
the survey stations is shown in figure 2. A detailed description of the 
support system and a discussion of the precautions taken to minimize the 
disturbances in the tunnel air stream caused by the boundary— layer plate 
are given in reference 4. The necessity of using a boundary— layer plate 
in conjunction with these tests limited the extent of the flow field 
downstream of the models that was free of disturbances from the plate. 
Consequently, most of the downwash survey stations, particularly for 
model B, are not sufficiently far behind the wing to be in likely tail 
positions. The locations of the downwash survey points relative to the 
pertinent Mach cones for models A and B are shown in figure 3. 
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The experimental procedure used In this investigation was the same 
as that described in reference 4, which is part X of this series of 
reports. The downwash angles at each survey point were measured by the 
use of a small cone. For each angle of attack of the model, the angle' of 
attack of the cone was adjusted until the pressures on the upper and lower 
surfaces were equalized. The resulting angle of attack of the cone was the 
local stream angle. Except where specifically noted, all details of model 
construction and support, instrumentation, and reduction and correction of 
data are identical to those described in reference 4. The test Reynolds 
numbers based on the mean aerodynamic chords were 1.4 million for the 
tapered wing and 2.6 million for the untapered wing. For continuity in 
this series of reports and to aid in the reduction of tie data, the same 
numbering system for the downwash and wake -survey stations that was used 
in references 4 and 5 has been retained. 

CORRECTIONS AND IEECISION 

The downwash angles presented for survey stations 2 and 4 were 
corrected, by superposition of the stream deflections caused by both the 
support system and the nonuniformity of the free stream. The data for 
station 3 have not been corrected for these interference effects since 
no suitable stream calibration was obtained at this station. However, in 
view of the relative positions of stations 2 and 3, it is believed that 
at station 3 these interference effects were only slightly greater than 
at station 2. Since the corrections at station 2 were small and had little 
effect on the final results, it is believed that the uncorrected results 
presented for station 3 are at least qualitatively useful. 

The precision of the results presented is the same as that of ref- 
erence 4. The experimental values of e * and ct are accurate to within 
±0.1° and ±0.05°, respectively. The locations of the viscous wake bound- 
aries, which have been taken as the points at which — - = — 0 . 005 , are 

correct to within 0.0 6 inch. This is 1.9 percent of the mean aerodynamic 
chord of model A and 1.0 percent of the mean aerodynamic chord of model B. 

THEORETICAL C0NSHERA.TI0NS 

The linearized theory of compressible flow has been used to compute 
the lift distributions for a wide variety of wing plan forms. The two most 
common approaches used are the conical-flow superposition method and the 
doublet distribution method. Either method may be used to calculate the 
load distribution over a given plan form. Since, for linearized flow 
solutions, there Is a unique relationship between the loading and the down- 
wash perturbation velocity w, the downwash field corresponding to any 
given lift distribution can be calculated. The lift distribution for wing 
plan forms with both leading and trailing edges swept behind their respec- 
tive Mach lines has been investigated in reference 9 by the use of the 
conical-flow superposition method; but no treatment of the corresponding 
downwash field has as yet been published. 
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In reference 9 , the superposition of linearized, conical flows is used 
to form a finite wing from a flat lifting triangle of infinite chord by 
cancellation of the lift behind the lines which are to form the trailing 
edge and outboard of the lines forming the tips. The lift cancellation 
at the wing boundaries is achieved by a superposition of uniformly loaded 
lifting elements. The linearized solution for the flow field of these 
elements is conical with respect to the apex of each element. In ref- 
erence 9, expressions for the distribution of the streamwise perturbation 
velocity u of these elements were derived and used in the investigation 
of the lift distribution. 

At first glance it would appear that the procedure used in reference 
9 for calculation of the lift distribution could, be applied dir ectly to 
the determination of the entire downwash field. However, in the treatment 
of the lift problem certain difficulties were encountered in satisfying 
the boundary conditions within the region influenced by the wing tips and 
certain approximations for the treatment of the lift problem were necessary. 
Although these approximations do not satisy the requirement of zero pres- 
sure difference off the wing, they are satisfactory in the treatment of 
the total lift problem since the area of the lifting surface affected is 
usually small. These approximations are, however, unsatisfactory for the 
calculation of downwash distribution in the region influenced by the wing 
tips. Furthermore, it is apparent from the results of recent experimental 
investigations (references 8 and 10) of the pressure distributions for 
models A and B that the linear theory does not predict adequately the 
lifting pressure distribution in the region affected by the trailing edge 
and tip. The poor agreement within the Mach cone from the trailing-edge 
apex has been attributed primarily to viscous effects which are not con- 
sidered in the theory. Near the tip the failure of the theory is believed 
to be due both to viscous effects and to the effects of distortion of the 
discharged vortex sheet at the tip. In view of both the theoretical con- 
siderations and the experimental results, -therefore, it appears unlikely 
that anything would be gained by further attempts to calculate the down- 
wash distribution in the region influenced by the wing tips until a more 
suitable method of predicting the load distribution within this region 
becomes available . 

Although the load distribution In the region influenced by the trail- 
ing edge is known to. differ from that predicted by the linear theory, the 
difference is generally less than in the region influenced by both the 
tip and trailing edge. Therefore, since the downwash distribution in that 
part of the induced flow field that is not influenced by the tip can be 
determined within the limitations of the linear theory, .calculations for 
that part of the flow field have been performed. The general procedure 
for calculating the downwash field within this region is to start with the 
solution for a flat lifting triangle of infinite chord having the same 
ratio of the tangents of the leading-edge half-apex angle and Mach angle 
as the wing under consideration. This solution is conical with respect 
to the leading apex. Charts of the downwash field for a series of such 
lifting surfaces are available in reference 11. Cases not specifically 
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calc ula ted may "be' determined by interpolation of these results. The 
equation for the spanwise distribution of velocity to be canceled in the 
formation of the trailing edge is given In reference 12 for the triangular 
wing of infinite chord and, in the notation of this paper, is 

<xYm 2 /,\ 

Ua PE(k* ) V m 2 — a 2 

Ttifl cance lla tion of the pressures represented by this velocity distribution 
is accomplished by the use of two primary elements. A symmetrical trailing- 
edge element is used to cancel the major portion of the pressure behind the 
tra iling edge. The expression for the downwash component w associated 
with this element has been derived in the appendix and is 


■ r * p ' K(kT cosk 1 1 [ ^ ^tyo*) 2 -^ 2 ^* 2 + 


■where 


„ yp/ X Q 

J ° ~ l-(z 0 /x 0 )‘ 


* = - (g 0 /^o )^ 1 -(y 0 / x o) 2 -( 2 o/ x o) : 
3 l-CzoAn) 2 


where 


x o = x_ c o 


y 0 = Ps" 


z n = pz 


_ mYco 
~ pE(k’) 


(value of u A at a=0 ) (3) 


The cancellation of the remainder of the pressure at the trailing edge is 
achieved by a superposition of oblique trailing-edge elements. The expres- 
sion for the downwash component w associated with the oblique trailing- 
edge elements, as derived in the appendix, is 


w = r.p, 


1 — a 2 log 


( «/ 1+a m^a” $} 2 + ( */ 1+a X — V m^.— a ©)“ 

( ,/l+a n+J m, — a $) 2 + ( J 1+a X + J m,-a ©)" 


r (mt-a)(l-^a7 (fl-^/mt fl) 2+ (X — V^t 9)’ 

“t ( Q + \/mT fc) 2 +(X + ©)' 


L 
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The expression for the contribution of all the oblique trailing-edge 
elements superimposed along the trailing edge from a=0 to a=+a Q is 



vhere a 0 is either the value of a at the point of intersection of, the 
trailing edge and the Mach cone from the leading-edge tip or the value of 
a for the most rearward element that will influence the point x s j s z. 

In the first instance, 

a o = T" = “t ( 1_ x 2 ) ‘ ( 6 ) 

where 


!-™t 
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In the second Instance, 


the egression is 


_B_V b 2 -4AC 
a o 2A 


(7) 


where 

A = x 2 -^ 2 - (mfcCQ+Py) 2 
B = 20 ^ [xCco-iJ+PyCn^Co+ByJ+P^ 2 ] 

C = m t 2 [(x- c 0 ) 2 -p 2 (y 2 +z 2 )] 

The evaluation of equation (5) Between the limits a=0 to a=+a Q for any 
point x,y,z gives the contribution of the oblique trailing-edge elements 
for cancellation of lift Behind the right half of the wing. The contribu- 
tion of the oblique elements for the other half -wing iB most easily deter- 
mined by making use of equation (5) with idle sign of y reversed. The 
upper limit of integration is, of course, changed since a Q is also a 
function of y. 

The total theoretical value of (de/daJ^Q at any point x, y, z 

which is not in the Mach cone from the leading-edge tip (fig. 3) is then 
the sum of three solutions: first, the contribution of the basic solution 
obtained from, reference 11; second, the contribution of the symmetrical 
trailing-edge element (equation (2))j and, third, the contribution of the 
oblique trailing-edge elements (equation (5) evaluated for both positive 
and negative values of y) . Calculations of the theoretical downwash 
distribution have been made for models A and B for comparison with the 
experimental results in the region not influenced by the wing tip. These 
re stilts are presented in table I. 


RESULTS ABB DISCUSSION 

Eate of Change of Downwash with Angle of Attack at Zero Lift 

The variation of downwash angle with angle of attack at each survey 
point for models A and B are presented in figures k and 5* respectively. 
The theoretical values of (de/da)^_Q are also shown for all survey 

points which are not within the Mach cones from the leading-edge tips 
(fig. 3)« For model A, the straight lines representing these theoretical 
values have been drawn through the experimental curves at a = 1.2° for 
comparison with the experimental results. This was done since the force 
tests of reference 7 showed that the angle of zero lift for model A was 
approximately 1.2°. (See fig. 6.) For model B, the angle of zero lift 
has been assumed to be zero angle of attack, as in reference 8, since 
the airfoil sections were symmetrical about the chord plane. 
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Hie experimental and theoretical values of (de/da,)j_Q agree only 

at isolated points for both models (the 30—, 40— , and 50-percent semispan 
positions at station 2, and the 10— and 30-percent positions at station 4 
for model A; the 10—, 70—, and 90— percent semispan positions at station 2, 
and the 10-percent semispan position at station if- for model B) . For all 
the remaining survey positions for hoth models, the experimental values of 
(de‘/da) L _ 0 were less than the theoretical values. Based on the results 

presented in figure 6 a somewhat smaller difference might he anticipated 
since, in the low angle-of -attack range, the experimental lift and normal 
force-curve slopes for models A and B, respectively, are only slightly less 
than that predicted hy theory. More recent experimental results for model 
A (reference 13) show that the lift-curve slope is a function of Reynolds 
number and that, at a Reynolds number of 1.5 X 10 s which is approximately 
the Reynolds number for the downwash tests, the value of the lift-curve 
slope is 0.049 per degree as against 0,044 per degree shown in figure 6. 
Both of these experimental values are only slightly less than the theoret- 
ical value of 0.051 per degree. 


Variation of Downwash Angle with Angle of Attack 

The slopes of the experimental curves which describe the variation of 
downwash with angle of attack for model A (fig. 4) did not exceed, at any 
angle of attack, the corresponding theoretical values of (de/da,) L _Q 
except at the 80— and 90-percent semispan positions at station 2 and the 
5-percent semispan position at stations 2 and 3. Hie 80— and 90- percent 
semispan positions at station 2 were near the position of the disturbance 
from the apex of the trailing edge, (See fig. 3*) Since the instrument 
used for measuring the stream angles will not function properly in a region 
of large pressure gradient, it may not have indicated accurately the stream 
angles near the disturbance from the traillng-edge apex. The 5^£>ercent 
semispan position was, of course, very close to the boundary— layer plate 
and, as will be shown later, the thickness and intensity of the friction 
wake behind the wing and close to the boundary— layer plate were dispropor- 
tionately large. Hence, it is probable that the downwash at this point 
was Influenced by the interference between the model and the boundary- 
layer plate. 

Since the downwash at any point in the induced flow field depends on 
the lift distribution within the Mach forecone of the point, it is possible 
to study the relation between the variation with angle of attack of the 
downwash and lift, provided sufficient correlative data are available. In 
order to be able to correlate the data, the downwash survey point must be- 
so located relative to the wing that the Mach forecone of the point includes 
only an area of the wing wherein a detailed knowledge of the load distribu- 
tion is available. For model A the downwash survey points are located so 
far downstream relative to the wing that almost the entire wing is included 
within the. Mach forecone from any of the survey points. Consequently, the 
downwash at each survey point is affected by the variation of lift 


distribution over most of the ‘wing. Hence , to obtain any correlation 
between downwash and lift for this wing., a detailed knowledge of the 
variation of wing loading with angle of attack over the entire wing would 
be required. The load distributions given in reference 10 for model A 
are insufficient for this study. However, for model B, at least a qual- 
itative correlation is possible since a proportionately sma ller part of 
this wing affects the downwash at survey station 2 . 

Figure 7 shows the theoretical and experimental chordwise distribution 
of lifting-pressure coefficient per degree angle of attack for five span- 
wise stations of model B. A typical trace of the Mach forecone on the 
equivalent flat-plate wing at a = 0° is shown in figure 8 . Although the 
area of the wing included within the Jfech forecone varies with angle of 
attack, this variation is negligible for the angle— of -attack range con- 
sidered. The chordwise pressure distribution at the 6 . 4— percent Bemispan 
station shows that, at low angles of attack, the lift over the forward 
portion of the chord is considerably higher than the theoretical. With 
increasing angle of attack, the pressure-distribution data indicate a 
sharp decrease in the section lift-curve slope. Between a = 6 ° and 
a = 10 °, the section lift-curve slope would be approximately equal to the 
theoretical value since the pressure distributions closely approximate 
the theoretical. The data for the 25.6— and 51.2-percent semispan stations 
show that, within the region included in the Mach forecone from the 10- 
percent semispan position, the values of the lifting-pressure coefficients 
per degree angle of attack generally increase with angle of attack, in- 
dicating an increase in the section lift-curve Blopes with increasing 
angle of attack. 

At station 2, the effect of these changes in lift distribution is 
apparent in the variation of downwash with angle of attack at the 10 - 
percent semispan position. The decrease in de’/dcc, which occurs between 
a = 2 . 5 ° and a = 7 ° is coincident with the decrease in the slope of the 
section lift curve at the 6.4— percent semispan station. The apparent 
increase in d€/da, which accompanies further increases in angle of attack, 
may be either the result of the increase In section lift-curve slope in- 
dicated by the pressure-distribution data for the 6.k — ■, 25 . 6 — and 51 . 2 — 
percent semispan stations or the effect of the displacement of the vortex 
sheet. (See reference 4.) The increase in d e' /dsi with increasing angle 
of attack at the 30 — and 50 -percent semispan positions may be due to the 
increase in lift— curve slope for the portion of the wing included within 
the Mach forecones from these points. The downwash curve for the 70— per — 
cent semispan position exhibits a relatively uniform variation of downwash 
angle with angle of attack over most of the angle— of -attack range, with a 
decrease in slope occurring at the higher angles of attack. This decrease 
is probably associated with the decrease in the lifting pressure coeffi- 
cient per degree angle of attack which occurs at the higher angles of 
attack for the region near the leading edge of the wing at the 51 . 2 — and 
76 . 9 -percent semispan stations and' is particularly apparent at this latter 
station. Little can be said about the variation of e with a at . the 90- 
percent semispan position, except that it is probably affected to a large 
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degree by the leading-edge separation which is known to occur on this wing. 

A similar correlation of the variation of downwash and load distribu- 
tion with angle of attack for the data at station 4 is not possible, since 
the effects of the variation of load distribution within the larger regions 
of influence for each survey point cannot be determined readily from the 
available data. As shown in references h and 5, an additional factor which 
would have to be considered, at least for those survey positions some 
distance behind the wing trailing edge, is the effect of displacement of 
the vortex sheet on the dcwnwash distribution. 


Wake 

The pitot— pressure profiles presented in figures 9 and 10 indicate 
the location, thickness, and intensity of the friction wake for several 
semispan positions at stations 5 and 6 for models A and B. The data show 
that, with increasing distance downstream, the wake expanded, and, with 
the wing at positive angles of attack, moved downward relative to the free 
stream. In general, the maximum pitot-pressure loss at the wake center 
line decreased with increasing distance downstream from the trailing edge. 
An exception is noted at the SG-pe^cent semispan position for model B at 
station 6. The data indicate slight increases in pitot— pressure loss at 
the wake oenter line between stations 5 and 6 and between the 50— and 
30-percent semispan points at station 6. Moving the survey instrument 
from station 5 to station 6 or moving it from the 50— percent to the 30- 
percent semispan point at station 6 increases the distance between the 
survey rake and the airfoil trailing edge so that a decrease, rather than 
the indicated increase, in wake intensity was anticipated. This apparent 
discrepancy may arise from the lack of sufficient data to define accurately 
the profiles of pitot^-pressure loss. 

The disproportionate thickness and intensity of the wake at the 10- 
percent semispan points are believed to result from interference between 
the models and support and would not be expected in the case of an isolated 
wing. This same phenomenon was noted in wake surveys behind a rectangular 
and a triangular wing \ander similar test conditions. (See references ^ 
and 5.) 

To illustrate the rapid displacement of the wake with changes in angle 
of attack, particularly in the region close to the plane of symmetry, span- 
wise plots of the position of the upper limit of the wake at stations 5 and 
6 are presented in figures 11 and 12. These data show that if a conven- 
tional stabilizer is to be used in conjunction with the wing-body combina- 
tion of reference J it should be placed at least 0.22 root— chord length 
above the body axis if the wake is to pass below it at all angles of attack 
up to approximately 8°. This result does not include the effects of the 
fuselage but essentially represents a limit, since the effect of the upwash 
field of the fuselage would, in most cases, cause the wake to rise even 
higher above the body axis and thus require that the stabilizer be placed 
even higher. 
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CONCLUDING- KEMEES 

The experimental values of the rate of change of downwash at zero 
lift agree "with, the values predicted "by means of the linear theory only 
at isolated points for the two highly swept wings used in this investiga- 
tion. 3h most instances the experimental values were less than "those 
predicted by the theory. 

The slopes of the experimental downwash curves for the tapered wing 
did not exceed, at any angle of attack, the corresponding theoretical 
slopes at zero lift except near the boundary— layer plate and in the region 
of the disturbance from the apex of the trailing edge. The observed varia- 
tion of the rate of change of downwash with angle of attack under lifting 
conditions for the untapered wing can be qualitatively explained on Jhe 
basis of the variation of the load distribution with angle of attaok. Ulus, 
it appears that calculation of "the variation of downwash with angle of 
attack may be feasible once the variation of the load distribution with 
angle of attack has been accurately determined. Additional factors which 
must be considered, of course, are the effects of the displacement and 
distortion of the vortex sheet as well as local effects of the friction 
wake. 


Ames Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 
Moffett Field, Calif. 


APPENDIX 

DETERMINATION OF THE DOWNWASH DISTRIBUTION 

FOR THE TRACING-EDGE ELEMENTS 

Symmetrical Thailing-Edge Element 

The relation between u and w in the conical field in terms of 
the complex variable £ is (See reference 1^.) 

v--i (Al) 

From reference 9 for the symmetrical trailing— edge element 


u = r.p. 


% 


F( cftk) 
K(k) 


(A2) 




where 


<p= 



and 


k = a/i — m^. 2 


Differentiating equation (A2) vith respect to £ 

% 


du _ Up 1 

K(k) */(!,- ^HS 2 -^ 2 ) 


and substituting the result in equation (Al) 


w = r.p. 


= r.p. 


~^o r 

E dt 


K(k) 

i 

•C 2 

Vo 1 

^cosh - 1 


K(k) m t 



)‘ 


(A3) 


The value of Uq is determined from Stewart's equation for the value 
of u^ at a = 0 


u A = 


qYm 2 

pE(h»)A/m 2 _ a 2 


k* = V 1 — m 2 


and 


mVa 


U ° 0E(k») 

Substituting these results in equation (A3) and taking the real part with 
the complex variable £ = y D *+iz 0 * 


w 

dV 


1 m , — i 

cosh 

PE(k«)K(k) “t 


1 

2 


«A 2 +m t 2 z o * 2 + 


A /(l-m t y 0 *) 2 -+mt 2 z 0 * 2 


(A4) 
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where 


Yo* = 


JoAo 


i-Czo/^o) 2 


z * = 


— ( 2 q/ z 0 ) */i— (yp/^o) 2 — (z 0 /^q) : 
l-(z 0 /xo) 2 


x o “ x — c o 




z_ = Pz 


o 0 = root chord 


Oblique Tra iling-Edge Element 
From reference 9 for the oblique trailing-edge element 


u. 


u = r.p. — cos 


(l+m t )(a+Q- 2(a^-tm t ) 
(l-m t )( £ — a) 

Differentiating (A5) with respect to £ 

du % '/^ m t — a H a— l) 

Ig-T( 5 _ a ) 


(A5) 


Substituting this result in (Al) 


iw 


H 77 77 

- r ' P - - J t ( ? -a VTTf^ 


(^_m )((;-!) 


from, which 


"a 


v - r -*- «r 


r77 77 , *J (l+a)(mt-C) ~ / (m t _a)(l+^) 

a/ (1— a 2 ) log . . v 

V (l+a)(nL fc — (;) + v (m^_a)(l+^) 


/ 


(m t -a)(l+a) a/ ) - >/ia t (Hi) 

° S y(m, - g ) + JmJtlAl) J 


(A6) 
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Letting the complex Yariable 
of equation (a6) 


S = x a * + lz a* 


and taking the real part 


u a r / p ( V 1+a fi 

w = VI -a a log — =- 

d * a L ( vi+a n 


( // 1+a n -j/m^ -a <t) 2 + (a/ 1+a X- a/hl^ _ae) ; 


r<s/ —a" $) 2 + ( a/ 1+a X +»/m^a0)‘ 


/ 


(rn.fr — a) (l — a) 

“t 


a 


log ^ -V^t *)* + (x - a75£ 6) 

( n + A/mfr 4) 2 + (X + A/mfr 0) 2 


(A7) 


where 



a) = f y a *) 2 + z q * 2 



♦- yd+xa *) 2 ^* 2 



where 



£a/f 


where 


~( z aA a ) y a /x a ) 2 -( z a /x a ) 2 

M z a /%) 2 


z a = x 


mfr-a 


= Px - 


m t c o a 

m t -a 


z a = ? z 


c D = root chord 
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CABLE I.- CALCULATED DOWSWASH 



































































































































Model B 


Figure l -Sketch of models A and B. 
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A Sta. 2 x c 2. ic 0 e*0.22c 0 
B Sta. 3 x*2.ic 0 **0.44 c 0 
C Sta. 4 x*3.0c 0 **0.22c o 

n <_i j/- _ <i L - — 

/y unui&vunvu ui muon l ,uucra 

with plane x*2.lco 
£ Intersection of Mach cones 
with plane x*3.0co 
F Y*0 plane 


G Sta.2 x=!.7c **0./7c\ 
H Sta.4 x*2.4c **0./7c 
/ Intersection of Mach cones 
with plane x*i.7c 
J Intersection of Mach cones 
with plane x*2.4c 
K Mach cones from leading- 
edge tip 




Figure 3. —Skefchs showing the locations of the downwash survey stations relative to the Mach cones 
for models A and B. 
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Figure 5. — Concluded. 


(6) Station 4, x*2. 
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(a) Model A, lift coefficient , C L . 
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(b) Mode! B, normal-force coefficient, 0 


Figure 6.— Variation of force coefficients with a note of attack 
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Figure?.- Chordwtse variation of lifting— pressure coefficient j. 
several angles of attack at five spanwise stations’. R=3.0* 
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Figure 8. — Sketch of model B showing pressure-distribution stations 
(reference 8 ) and intersection of Mach fore cone of the 30- 
percent -semi span point at station 2 and the plane of the 
wing at zero lift. 
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Pitot — pressure toss, Q— 
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Figure 9 — Profiles of pitot- pressure loss through viscous wake 
of mode! A, a =3° 





mOA EM A9E02 



model B ; a*6? 




Distance above 
5 


i 












































x 1 


7 A 

0 Si 

0 3 

0 40 50 6C 


Percent semispan 
(a) Station 5, x*2.5c 0 . 

Figure it.— Position of upper limit of watte relative to plane containing 
the wing-leading edge and root-chord line , model A. 
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(a) Station 5 t x- 2.0 c Q . 

Figure !2.— Position of upper limit of wake relative to wing-chord plane, mode f B. 
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(b) Station 6, x=2.6 



Figured Concluded. 
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